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Nomenclature
=smoothing constant
=Mach number
=pressure
= Prandtl number
=heat flux
p =Reynolds number based on diameter
=temperature
=stretching factor
=specific heat ratio
=angle measured from stagnation streamline (without
impingement)
Subscripts
stag  =stagnation point value (without impingement)
w =wall value
co = freestream value
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Ilf\l Ref. 1, two-dimensional, viscous, blunt-body flow-
ields with an impinging shock wave were computed using a
time-dependent, finite-difference method to solve the com-
plete set of Navier-Stokes equations. These computations
were qualitatively compared with existing three-dimensional
experiments because of the lack of suitable two-dimensional
experiments. Recently, J.W. Keyes completed a series of two-
dimensional tests in the Langley 20-in. Hypersonic Tunnel. In
these tests, a planar shock wave was allowed to impinge on the

cylindrical leading edge of a fin (shock parallel with centerline’

of leading edge) resulting in Type III and Type IV interference
patterns.? The computational method described in Ref. 1 was
used to compute numerically one of the Type IV flowfields.
This Note compares the results of this computation with the
experiment, In addition, recent numerical experiments
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Fig. 1 Comparison of shock shapes.
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Fig.2 Comparison of wall pressures.

showing the effects of grid size and numerical smoothing are
presented to better establish the accuracy of the code.

The conditions of the test case were M, =5.94, Rep
=186,000, Pr=0.72, p, =536 N/m?, T,=59.5 K, and v
=1.4 with a leading edge radius of 0.0127 m and a wall tem-
perature of 408 K. The impinging shock was inclined to the
freestream at an angle of 22.75° and intersected the bow
shock at 8 =7°. Because of the much higher Reynolds number
in this case, as compared to the Reynolds number in the cases
of Ref. 1, it was necessary to use substantially more grid
points. A grid composed of 81 points around the body
(0= —72° to ==88°) and 61 points normal to it was employed
in the final numerical computation. The mesh was refined
near the body using a stretching factor (8) equal to 1.025.
For this value of 3, the first grid point off the body is located
at 0.19% of the shock standoff distance as compared with
1.67% for no stretching.

A comparison between the numerical and experimental
shock shapes is shown in Fig. 1. Excellent agreement is
achieved. A comparison between the numerical and ex-
perimental wall pressures is shown in Fig. 2. Again, the com-
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Fig. 3 Comparison of surface heat transfer rates.

Fig. 4 Mach number contours.

parison is quite good although the numerical peak pressure is
slightly less than the experimental peak pressure. The
variation of the computed heat transfer rate around the body
is shown in Fig. 3. The computed peak heat transfer rate is
about 7.9 times the no-impingement stagnation point value.
This value falls within the uncertainty range of the ex-
periment. The Mach number contours for this case are shown
in Fig. 4. These contour lines were drawn by a computer plot-
ter in increments (AM) of 0.05 starting at M =0. The effects
of the jet are clearly visible in this contour plot. Note that the
slight oscillations which were present in Fig. 12 of Ref. 1 have
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Table1 Computational cases
Case NJ NK o) B (A2) min
1 31 51 0.50 1.080 0.0088
2 31 51 0.25 1.080 0.0088
3 51 81 0.25 1.050 0.0038
4 51 81 0.15 1.050 0.0038
5 61 81 0.15 1.025 0.0019
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Fig.5 Effects of smoothing and grid refinement.

been eliminated in this contour plot by applying Mac-
Cormack’s smoothing scheme? over the entire mesh.

To determine the overall effects of smoothing and grid size
on the computation, a comparison is made in Fig. 5 showing
the heat transfer rates resulting from using different constants
(C) in front of the smoothing term as well as using different
computational grids. The different cases are described in
Table 1 where NJ and NK represent the number of grid points
normal to and around the body, respectively, and (AZ) .y, iS
the minimum grid spacing normal to the wall. The five cases
in Table 1 were computed in a sequential fashion. That is, the
results from Case 1 were used as the initial conditions for
Case 2, etc. It is apparent from Fig. 5 that the effect of
smoothing on the heat transfer rates is relatively small,
whereas the effect of grid refinement is quite substantial. The
peak heat transfer rate is not well predicted with 31 grid points
between the body and the shock. A much better estimate is ob-
tained with 51 or 61 grid points. It is felt that additional
refinement in the radial direction would not improve the
solution, although more refinement in the circumferential
direction may be neceded near the interaction region. On the
other hand, it was found that neither smoothing nor grid
refinement produced any significant changes in the wall
pressures. Reasonable wall pressures (except for the peak
values) were obtained with the 31 X 51 mesh.
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Airfoil Response to an Incompressible
Skewed Gust of Small Spanwise
Wave-Number
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Nomenclature
b =semichord
C, =pressure coefficient
f(M) =defined by Eq. (4)
g(¢) =defined by Eq. (7)

k, =wb/U

k, =2w b/spanwise gust wavelength

L =lift normalized by 2mp,Uw, be(<~ Ky

Q =Mach number of freestream

P = pressure

S =Sears function

t =time

U = freestream velocity

w, =gust upwash

X,y =chordwise and spanwise coordinates normalized by
b

52 — I_MZ

g =Mk, /8k,

) =circular frequency

Subscripts

0 =quantity related to incompressible skewed gust
problem

o =quantity related to compressible parallel gust
problem

Introduction

E present Note derives an approximate solution for
the response function of an infinite span airfoil in a three-
dimensional (the gust wave fronts skewed relative to the air-
foil leading edge) gust convecting with the freestream in-
compressible flow. The solution is limited to small spanwise
wave number k, . Together with the large &, solution! (see also
Ref. 2), the entire range of k£, can be observed. The present
solution is derived from the parallel compressible gust result
of Amiet,? using the similarity results of Graham.*

For the problem of an airfoil in a gust convecting with the
freestream, Graham* related the general case of a skewed gust
in compressible flow to either of the simpler cases of a parallel
gust in compressible flow or a skewed gust in incompressible
flow. If the parameter =Mk, /B8k, =1, the similarity is to
the parallel compressible gust case, whereas, if o<1, the
similarity is to the skewed incompressible gust case. Thus, the
solution for the parallel compressible gust case can be used
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throughout the regime o= 1. and the skewed incompressible
gust solution can be used.in the regime o< 1.

It was pointed out by Graham, * although it does not appear
to be known widely, that each of these similarity rules can be
used outside the regime for which it primarily is applicable.
Thus, the solution for the case o<1 can be generated from the
solution for ¢> 1, and in particular, the result for a skewed in-
compressible gust (o =0) can be derived. The similarity rule
used in the present note to relate the skewed incompressible
gust case to the parallel compressible gust case was derived
first by Graham, who gives further discussion and proof of
the rule.*

Other approximate solutions to the problem of an airfoil
encountering an incompressible skewed gust have been
presented.>® That of Ref. 5 is also a small k, solution,
although the order of accuracy was not given. The ap-
proximate two-dimensional compressible solution used as the
base for the present solution was shown by Amiet,? and
formally proven by Kemp and Homicz,” to be accurate to
O(Mk, /B?). From this, the skewed gust result presented
herein is shown to be accurate to O(k, ). Reference 6 gives an
approximate solution which can be applied to all %,.
However, the present small &, solution, together with the
large &, solution given in Refs. 1 and 2, gives significantly im-
proved accuracy.

Result

The solution given by Graham* for the relation between the
pressure coefficients C, for the skewed incompressible gust
case (subscript 0) and the parallel compressible gust case (sub-
script o) is

Co (X, K0.K,0) = Bao C o (X Kooy M s,
X exp( — ik vo, M2X/ 32— ik ,,¥) M
where
kyo=kKyo /8% kyo Tkp=1i M, 2

In order to find the response to an incompressible skewed gust
with small k,, the solution of Amiet? for the case of a low-
frequency parallel compressible gust will be utilized. This
solution has for the airfoil surface pressure,

Poc (x:[’kxoo:Mm) =F (DOUWg/Boo)

x [(1=x)/(T1+x) ] %S (k,p/B2)

exp (i{ ol + Ko [XM2+f (M) ]/B%}) 3

where

and S is the classical Sears function. The minus or plus sign
refers to the upper and lower airfoil surfaces, respectively. On
substitution of Eqgs. (3) and (4) into Eq. (1) and replacing the
o variables, using Egs. (2), the airfoil surface pressure
produced by a gust of the form

W, (X, 1,8) =weexpi(wt—kox—k,z¥)] 5)

in incompressible flow is found to be

PO (x:y)txkxorkyo) =Pw (x:trkxoyo)
X exp [ik‘xog(kyo/kxo) _ikyo)’] (6)

where
g(&)=[+E)"—=1] [i(x/2) —n§)]
+I+E)"In[I+ (1+§7) "] -1n2 (7



